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2.0 System Architecture 

MaCH-SR1 is a multi-year project with the goal of launching a 300 lbf thrust rocket to the altitude of 5000 m 

with a 1 lbm payload.  This year, the team will work towards this goal by redesigning several unproven 

components and considering alternatives to previous designs of other components.  The feed and injection 

system has not been proven with a hot-fire test, and the ignition system needs to be redesigned for a flight 

ready rocket.   The combustion and nozzle systems need to be modified to ensure that the 5000 m altitude can 
be reached.  The oxidizer tank needs to be researched to find one that fits the weight budget and is capable of 

holding the pressurized fuel.  The system below shows the breakdown of the hybrid rocket system.  The red 

shaded systems are systems that need to be worked on by future teams.  The green shaded systems were 

already designed and tested successfully by previous teams.  This team will focus on the orange shaded 

systems.  These systems are to be designed and tested by this team.         

 

As this is a multi-year project, the top-level system architecture has several constraints imposed by the work 

of previous teams.  For example, the solid fuel is HTPB and the liquid fuel N2O.  The engine used is designed 

to generate 300 lbf for 15 seconds.  These constraints limit changing the top-level system architecture so for 

different options the team looked at what systems were being redesigned this year.  The requirements for this 

year flow down from the multi-year objective.  From these requirements multiple design options for each 
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subsystem were developed.  Our system will vary depending on our designs for the feed system, the injection 

system and the ignition system as well as small changes to the combustion chamber and acquiring an oxidizer 

tank.  The top-level design shall remain consistent with previous years’. 

3.0 Requirements 

Table 1: Top-Level Project Requirements 

Requirement Description 
Parent 

Requirement 

Verification 

Method 

0.PRJ.1 Hybrid rocket engine shall produce 1290 – 1400 N of 

thrust for at least 15 seconds1 

Required to 

achieve multi-

year goal 

Hot-fire test of 

whole rocket 

0.PRJ.2 Hybrid rocket shall not exceed 46.6 kg for the entire wet 

system [Appendix A.3] 

Required to 

achieve multi-

year goal 

Weigh 

components built 

to be flight-worthy 

and assess the 
weight of the 

remaining systems 

0.PRJ.3 The injection and feed system shall provide oxidizer 

(N2O) to the combustion chamber at a rate of 0.4-0.6kg/s, 

with a built-in emergency nitrogen (N2) purge system for 

safety1 [Appendix A.2]  

Required to 

achieve this 

year’s goal 

Can be verified to 

work through a 

gravity feed test 

with alternate 

liquid  

0.PRJ.4 The ignition system shall be located at the top of the 

combustion chamber, will provide 100% reliable ignition 
and shall be triggered remotely 

Required to 

achieve this 
year’s goal 

Ignition test of 

alternate material 
in isolated 

chamber 

0.PRJ.5 A test stand shall be produced to allow for a vertical hot-

fire test of the rocket engine (to prove gravity-feed 

system)  

Required to 

verify this year’s 

goal 

Structural tests 

shall verify the 

load capacity of 

the test stand 

 
Table 2: Top-Level System Requirements 

Requirement Description 
Parent 

Requirement 

Verification 

Method 

0.SYS.1 The Feed System shall transport oxidizer to the 

combustion chamber at a pressure of 600-1200 psi
1
  

0.PRJ.3 Pressure test of 

feed system 

component 

0.SYS.2 The Feed System shall leak no more than 5% of total 

oxidizer mass. 

0.PRJ.3 System water flow 

test. 

0.SYS.3 The injector System shall induce a pressure drop in the 

N2O of 20-35%1; a discharge coefficient of 0.5-0.75; and 

a O/F ratio of 6-8.4   

0.PRJ.1 

0.PRJ.3 

Verify values 

through 

experiments with 

chilled pressurized 
water 

0.SYS.4 The ignition system shall produce a temperature of at 

least 1200o F1 or the energy of 250 kj/mole3 for 1-4 

seconds.    

0.PRJ.4 Verify the 

temperature 

reached by the 

ignition system in 

a test ignition at 

the ITLL   

0.SYS.5 The Ignition system shall initiate combustion remotely 0.PRJ.4 Can be tested 

independently for 
functionality 
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0.SYS.6 Combustion Chamber Shall withstand a pressure 500 psi 

and a temperature of 3400 K [Appendix A.2] 

0.PRJ.1 Will be tested 

using alternate 

heat source 

0.SYS.7 The plates in the test stand must have a yield strength of 

10 ksi.  The test stand also holds the sensors for data 

collection [Appendix A.4] 

0.PRJ.5 Pretest the setup, 

preload the test 

stand, and test the 
sensors at the 

ITLL.    

0.SYS.8 The oxidizer tank shall have a maximum expected 

operation pressure of 1200 psi1 

0.PRJ.1 

0.PRJ.3 

Verify values 

through 

experiments with 

pressurized water 

 

3.1 (System Option #1) Ignition System 

A) One option for the ignition system is a pyrotechnic ignition system.  Used successfully in small 
hybrid rockets, this is a when an igniter, one time use, is exploded and burns hot enough to 

disassociate the N2O.  One rocket with the same fuel composition used wires to set off an igniter of 

60% potassium nitrate (KNO3), 20% magnesium (Mg), and 20% epoxy binder2.  Ignition with this 

system is instantaneous.   

B) A second option for the ignition system is a system of electrically heated wires.4 These wires were 

attempted by a previous team and were able to reach the target temperature but they failed to work 

during hot-fire tests.1 This option also requires time to heat up.      

C) A third option for the ignition system is the legacy system of steel wool and gaseous oxygen.1 This 

system is a pyrotechnic ignition system but it is supplemented by the gaseous oxygen. 

3.2 (System Option #2) Feed System 

A) Swagelok manufactures several different tubing materials.  Stainless steel tubing will meet our 

requirements, but a study of alternative materials, especially the many stainless steel alloys that 

Swagelok can substitute for its tubing, may indicate a preferable alternative.  Factors to consider: 

Á Cost, probably the biggest drawback to using an alloy. 
Á Specific strength, the higher the better.  Less mass for same operational pressure capacity. 

Á Surface friction and induced pressure drop on the fluid flow. 

B) There are many different sizes of tubing that are also available. 

Á A smaller diameter increases the pressure capacity of the tubing while decreasing the 

mass, but also increases pressure drop across the system, especially at high mass flow 

rates. 

Á A thicker wall increases the pressure capacity of the tubing while increasing the mass, but 

allows for larger diameter tubing and therefore lower pressure drop. 
Á Numerical analysis of these tradeoffs is relatively straightforward and a Matlab graph of 

diameter vs. thickness values that meet our requirements should be generated for each 

considered material type along with the options provided by Swagelok, plotted as points 

on the graph. 

3.3  (System Option #3) Injection System 

A) The injector plate determines the spread of the fuel in the combustion chamber and the speed at 
which it enters.  The pressure drop the plate induces depends on the hole configuration in the 

plate.  The coefficient of discharge represents the change in flow through the plate and is used to 

calculate the pressure drop.  The coefficient of discharge is found experimentally so it will be 

necessary to test a variety of injector plates with different hole configurations.            



System Architecture White Paper AES-SRP-020 
Aerospace Senior Projects ASEN 4018& 4028 

6 

3.4  (System Option #4) Oxidizer Tank 

A) An oxidizer tank that fulfills requirements and has an acceptable weight has never been designed.  

Already the team is in talks with companies that make light weight N2O.  A COTS tank, either 
donated or purchased, would save the team the financial and time cost of building a tank.  The 

problem with a COTS tank is that early price estimates are at $5000.  Part of this cost comes from 

the unique shape of the current tank which will be analyzed to see if a more cost effective design 

can be achieved.   

B) An oxidizer tank can be built at CU.  The benefits of building a tank are that building is cheap 

compared to a COTS tank and it gives the team a larger control over the materials and shape of the 
tank.  This is very difficult, however, and has not been proven to work at MEOP1. 

C) An oxidizer tank that fulfills all requirements can be located COTS or an appropriate material and 

construction process can be analyzed.  However for the actual test a cheap, heavy COTS tank can 

be used.  With this option, the problem of finding an oxidizer tank for the final rocket is resolved 

but the problem of acquiring it is left for a future team that is assembling the rocket.      

3.5 (System Option #5) Combustion Chamber 

A) The combustion chamber needs to be redesigned to accommodate the increased performance 

requirements for the project. This can be accomplished by increasing the diameter of the 

combustion chamber which will result in increased fuel area and increased thrust. Such a change 

would have significant consequences on the remaining systems and needs to be carefully analyzed 

before such a change could occur. 

B) A second option for increasing performance would be to increase the length of the fuel grain. This 

would simplify the redesign of the combustion chamber by allowing several of the predesigned 

components to remain the same diameter. A drawback of this design is that the flow parameters 

inside a longer combustion chamber would change along with varying fuel to oxidizer ratios 

throughout the chamber.  

C) A final alterative change to the combustion chamber would be to maintain the same dimensions, 
but to add aluminum powder to the grain. This allows the fuel to burn hotter and consequently 

provides more thrust for the rocket engine. The combustion chamber shell would thus need to be 

redesigned to accommodate the higher thermal loads. 

 

4.0 Feasibility 

For the rocket to be capable of attaining an altitude of 5000 m, the thrust to weigh ratios need to be 

appropriate to accommodate this objective. Code was written using Matlab to analyze the performance 

capabilities of a rocket based on its mass and thrust and the results of this analysis are show below in figure 1.  
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Figure 1 ï Rocket Performance based on mass and thrust 

 From this figure we can see that a thrust of at least 290 lbf is required to reach a 5000 m altitude. For a 

300lbf rocket which is our goal for the project, the rocket can have a maximum wet mass of 46.2 kg. 

Previous teams have proven the feasibility of a functioning hybrid rocket motor, but the last team achieved a 

thrust of only 231 lbf.  It is shown in Appendix A.2 that with increasing the combustion chamber pressure and 

oxidizer mass flow rate, a thrust of 300 lbf is attainable.  It is also known that adding an aluminum micro- or 
nano-powder will increase our thrust further4, which will account for any inefficiency in the hybrid motor.  

Increasing the oxidizer tank and feed system pressure will allow us to attain a higher oxidizer mass flow rate 

and O/F ratio.  Because the system is self-pressurized, this can be accomplished by raising the temperature of 

the oxidizer tank, and designing the injector plate for the appropriate discharge coefficient and pressure drop.  

Extensive testing of the injector plate will also be required to prove that the relevant factors are accomplished. 

The most critical systems to the engine, such as the nozzle and combustion chamber, will undergo minimal 

redesign if necessary to achieve the objective thrust.  These systems have been extensively tested by previous 

teams and should operate without any serious issues. 

Including the oxidizer tank, combustion chamber, injection system and nozzle from the 05-06 project, the 

total wet mass of the motor was less than 14 kg.  Our weight will increase with the feed system and a new 

oxidizer tank, but this should not compromise the weight requirement. 

The implementation of a remotely fired, flight-ready ignition system that does not damage rocket components 

is necessary for a flight ready rocket.  Research shows a variety of low-cost options, so with substantial 
testing a working ignition system should be producible.   

One threat to the feasibility of our project comes from the combined cost of purchasing and re-building all 

components in one year.  The team from 2005-2006 purchased most of the same components we did and 

managed to build their systems on a budget of $8,000.  Allowing reasonable increase for new components or 

unforeseen circumstances, there is no reason our budget should exceed $10,000, $4,000 of which will come 

from the standard senior project budget, leaving $6,000 for the team to procure.  This particular project has 

generated tremendous interest from the private sector in the past, however, and many alumni of the project 
have positions at leading companies in the industry, so it is reasonable to assume that this funding will be 

available.  In the event no extra funding is acquired, the team should still be able to build and test the feed 

system and the ignition system. 
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5.0 Testing and Verification 

Provide an assessment of the testing and verification procedures required for the system architecture which has 

been selected. Explain your top level test and verification approach.  Details about any specialized facilities 

can be provided in section 9.1. 

Verification of the injection/feed system will involve conducting a cold water flow test to narrow injector 

designs, followed by a liquid nitrous oxide test to determine final design.  Pressurized cold water will be used 

because it has similar qualities to the liquid nitrous oxide.  Water is easy and safe to deal with, which allows 
the test to be conducted on the hydraulics bench in the basement of the ITLL.  From the hydro test we will 

obtain the discharge coefficient and various pressure drops for the injection/feed system, as well as the mass 

and volume flow rate of oxidizer to the combustion chamber.  Once most of the designs are eliminated with the 

help of the water test, the final design will be chosen based on flowing liquid N2O through the feed and 

injection system to ensure that the expected behavior is observed empirically. 

The ignition system test will confirm that the fuel will be heated to proper temperatures in order to dissociate 
the nitrous oxide in the combustion chamber.  Thermocouples will be strategically placed inside the 

combustion chamber.  The thermocouples will be connected to the VI.  The fuel will be ignited and data 

recorded using the VI.  Temperatures will be recorded for approximately 40 seconds and the wires will not be 

removed for at least 15 minutes to allow cool down.   

The nozzle subsystem will be verified using an oxygen-acetylene torch to simulate engine operation.  

Obviously this test doesn’t simulate pressure associated with nozzle but it will give insight to heat flux and 

possible thermal buckling throughout the nozzle.  The maximum amount of thermocouples will be used for 
data acquisition.  If adjusted correctly, the flame temperature can go up to 5500 degrees Fahrenheit.  The 

flame will be applied longer than the estimated burn time.  The nozzle will be allowed to cool for two 

minutes; followed by another flame application.  This test will be performed iteratively as needed. 

The test stand subsystem will serve to support the hybrid rocket during a hot fire test and will also contain a 

load cell to record the thrust during the hot fire.  After the test stand is built it will be tested and verified that it 

can adequately hold the hybrid rocket in a vertical position.   

Once each subsystem is tested and verified, a hot fire test will be performed.  During the hot fire test each 

subsystem will be connected.  The ignition system will require approximately 30 seconds to heat the fuel.  

After this time the nitrous valve will be opened to allow combustion. Combustion will occur for 

approximately 15 seconds immediately following nitrous valve closure.  The temperature, pressure, thrust, 

and mass flow will be measured at various sections of the subsystem.  The load cell will measure the thrust 

during the hot fire.   

6.0 Risks 

Table 3: Risk Analysis 

Risk Description Mitigation 

0.RSK.1 Limited access to test facilities. The team is already in contact with 

Lockheed Martin and we will keep them 

updated as the test schedule develops.   

0.RSK.2 The ignition system is unreliable or is 

extinguished when N2O is injected.  Previous 

teams have tried novel ignition systems with no 

success.    

Conducting a lot of research to find a 

suitable ignition strategy and conduct a 

multitude of tests to ensure it will work.  
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0.RSK.3 Oxidizer tank does not fit weight or strength 

restrictions.  

The team is already in contact with many 

different companies that offer different 

solutions to light weight N2O containers.  If 

a container that is not strong or light enough 

to meet requirements cannot be found; then 
a heavy and safe tank will be purchased for 

testing purposes.     

 

 

7.0 Team Qualifications 

 
Table 4: Team Qualifications 

Technical Area Team Member Responsible Level of Expertise 

Thermodynamics Wes- nozzle and combustion chamber, Brad-

Oxidizer tank, Richard-feed system, Robert- 

Ignition system. 

Oxidizer tank, feed system, combustion 

chamber and nozzle.  Analyze methods of 

achieving desired temperatures and 

pressures for optimal design. 

Fluid Dynamics Brad-Oxidizer tank, Richard and Stacey- feed 

and injection system, Wes and Leon- nozzle 

and combustion chamber. 

Oxidizer tank, feed and injection system, 

combustion chamber and nozzle.  Analyze 

behavior of fluid through mechanical 

components with changing fluid and 
environmental properties. 

Hybrid Rocket 

Propulsion 

characteristics 

Wes-fuel, Stacey-O/F ratio Analyze fuel grain and O/F ratios for 

maximized performance specific to a small 

hybrid rocket. 

Rocket 

Propulsion 

Leon, Wes, Brad Analyze effects of rocket characteristics (ex. 

Isp, mass and fuel ratio, T/W, etc.) on 

overall rocket performance.  

Materials Brad-Oxidizer tank, Stacey and Richard- feed 

and injection system, Wes-nozzle. 

Oxidizer tank, feed and injection system, 

nozzle. Ensure materials in direct contact 

with oxidizer do not react with the oxidizer.  
Nozzle should be designed to be corrosion 

resistant.  

Mechanical 

Design 

Stacey-injection system, Richard-feed system, 

Rob-ignition system 

Feed and injection system, ignition system.  

 

Fabrication  Richard, Leon All components 

Data Acquisition Jared Temperature, pressure, acceleration sensors. 

Chemical Wes, Brad Oxidizer and fuel. 

Structural Stacey and Jared Assembly and test stand. 

 

 

8.0 Response to PDD feedback from PAB 

Table 5: Response to PDD Feedback 

PAB Comment Response 
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Objective is too 

long 

The objective was written to the guidelines established in AES-SRP-018_REV 07A(PDD), 

which specifies a 1-2 page objective.  Another document, AES-SRP-019_REV.A, asks for a 

multiple sentence objective.  The objective was rewritten to be shorter and to clarify the 

multi-year objectives from this team’s objective.    

Weight of rocket 

appears arbitrary 

and requires 

calculation to 

support it 

To assist in the multi-year objective, some system choices from previous years need to be 

seen as constraints.  The size of the rocket, the fuel, and such are to be kept the same.  From 

these a weight can be calculated that will allow the rocket to achieve the goal; as shown in 

this paper.    

Minimum 

requirements 

unclear 

A successful hot-fire of the rocket is the rocket producing thrust.  This is accomplished 

through a feed and injection system that delivers the fuel to the combustion chamber where an 

ignition system starts the combustion that produces thrust.       

 

9.0 Resources and References 

9.1 Facilities 

Table 6: Facilities 

Facility Comment 

Lockheed Martin Lockheed Martin is located in Waterton Canyon.  The team is already in contact with 

Nicholas Patzer who has worked with MaCH-SR1 teams in the past.  Lockheed Martin has 

the facilities to conduct the hot-fire test.   

Pioneer 

Astronautics 

This Lakewood facility is an option for pressure testing and a variety of system experiments.  

The team is not yet in contact with this facility.        

 

 



System Architecture White Paper AES-SRP-020 
Aerospace Senior Projects ASEN 4018& 4028 

11 

9.2 References 

9.2.1 V. Alagic, K. Kilbride, H. Ko, J. LaBonte, B. Lewis, A. McNeill, D. Owen, R. Rieber, R. 
Rodriquez, and A. Romanov,  MaCH-SR1 Final Report - 2005 to 2006,  University of 

Colorado, Boulder Aerospace Engineering Senior Project, May 2006. 

9.2.2  Lohner, Dyer, Doran, and Dunn.  Fuel Regression Rate Characterization Using a 

Laboratory Scale Nitrous Oxide Hybrid Propulsion System, 42nd AIAA/ASEM/SAE/ASEE 

Joint Propulsion Conference & Exhibit, July 2006. 

9.2.3 M.S. Balasubramanyam, Catalytic Ignition of Nitrous Oxide with Propane/Propylene 

Mixtures for Rocket Motors, 41st AIAA/ASEM/SAE/ASEE Joint Propulsion Conference & 

Exhibit, July 2005.  

9.2.4 Sutton, George P., and Oscar Biblarz. Rocket Propulsion Elements. 7th ed. New York: Wiley-
Interscience, 2001. 

9.2.5 NACA Report RM E 58E21 

10.0 Acknowledgements 

10.1 Customer contacts 

Professor Kantha has helped the team define this year’s goals in ways that are beneficial to 

accomplishing the multi-year goal.   

10.2 Faculty members 

The team meets with its advisors, Professors Kantha and Starkey, once a week.  At the meetings they 

have been helped the team comprehend how this project is supposed to define itself.  They assist the 

team in writing meaningful requirements and objectives.  They also reviewed a rough draft of this 

“white paper” and offered feedback via email.  Professor Koster has also attended the weekly meetings 
and has offered advice on objectives via email.    

10.3 Others 

The team has been in email contact with eight MaCH-SR1 alumni.  They are eager to see this project 

continue and get a step closer to completion.  They have helped this year’s team with the scope of the 

project.  Also the alumni offer potential solutions to problems and most importantly decipher the 
previous reports.     

 

 

 

 

 

 



System Architecture White Paper AES-SRP-020 
Aerospace Senior Projects ASEN 4018& 4028 

12 

A. Appendices 

A.1 Nozzle Materials Study 

The materials investigated for the nozzle construction are as follows:  tungsten, molybdenum, graphite, 

and silicon nitride.  Important considerations involving nozzle performance during a hot fire include: 

erosion, burn time, and structural integrity.  NASA tested erosion and burn time, during a hot fire, on 

several materials outlined in a technical paper.  Three types of propellants with differing flame 

temperatures and oxidation characteristics were used.  Combustion chamber pressures were 

approximately 1000 psi and the nozzle throat diameters were approximately 0.289 inches and the burn 

time occurred for approximately 30 seconds.  Materials tested are the following groups: refractory 
metals, refractory compounds, graphite, cermets, and fiber-reinforced plastics.  The dense refractory 

metals performed well and resisted erosion and cracking.  Tungsten and molybdenum were the best of 

the refractory metals.  A lot of the refractory compounds had minimal erosion but cracked during the 

test.  The graphite group tended to have a moderate to severe erosion but didn’t crack.  The cermets 

typically performed well with moderate erosion and no cracking.  Silicon nitride eroded slightly with 

the most oxidizing propellant but eroded catastrophically with the lowest oxidizing propellant.  The 

silicon nitride probably eroded due to melting and sublimation.  The fiber-reinforced plastics had either 

severe or catastrophic erosion in all tests.  This study shows that all the nozzle material candidates will 
work.  In worse case scenarios of the silicon nitride and graphite tests, erosion was significant but they 

did not crack over the 30 second test.  Overall Tungsten and molybdenum had the best performance in 

terms of erosion.  All materials held up structurally.  The physical properties of the material candidates 

are shown in the table below.   

Material Erosion (hot fire) Density  Melting Point  

Thermal 

Conductivity Thermal Expansion  

    (g·cm^-3) (C and F)  W/(m·K) µm·m/(1·K) 

molybdenum  Minimal 10.28 2623  4753 138 4.8 

tungsten Minimal 19.25 3422   6192 173 4.5 

graphite moderate to severe 2.09–2.23 3700   6692 25-470 1.2-8.2 

silicon nitride minimal to catastrophic 3.29 1900   3452 30 3.3 

 

All material candidates have a low thermal expansion coefficient.  Tungsten and molybdenum have 
excellent erosion resistance.  Molybdenum has a fairly low density compared to tungsten and other 

metals.  Its melting point is adequate, but low compared to tungsten and graphite.  Tungsten has a high 

melting point making it ideal for use in a nozzle.  However, it has a relatively high density.  This 

allows the materials to conduct heat and cool more efficiently. Both tungsten and molybdenum have 

relatively high thermal conductivities.  Graphite can withstand a higher temperature than any of the 

materials.  It also has a very low density making it ideal for a low mass subsystem material.  The 

silicon nitride also has a very low density, but the melting point is significantly lower than that of the 

other materials.  
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A.2 Nozzle Specifications and Performance Study 
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% ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~  
% Title: Nozzle07  
% Written by: Wesley Haigh  
% Description: Takes values from hand calculations (Nozzle Performance  
% Calc ulations) to generate graphs of combustion chamber and nozzle  
% performance possibilities  
% ~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~  
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clear all; close all; clc;  

  
% Constants  
% F = 300*4.448; %lb - >N (Thrust)  
rt = 0.183*0.0254; %in - >m (Nozzle Throat Radius)  
dex = 1.939*0.0254; %in (Nozzle Exit Diameter)  
At = pi*(2*rt)^2; %m^2 (Nozzle Throat Area)  
Ae = pi*(dex/2)^2; %m^2 (Nozzle Exit Area)  
eps = Ae/At % (Nozzle Area Ratio)  
% m_dot_ox = 0.49;%kg/s (Oxidizer Mass Flow Rate for O/F=7 ) ***THIS DOESN'T 

ACCOUNT FOR 95% fuel efficiency  
k = 1.25; %ratio of specific heats (A.K.A. gamma) from GDL Propep with 3.75 

lb of HTPB/IPDI/Castor/etc. fuel and 18.1 lb of N20  

  
c_star = 1580.90; %m/s (Nozzle Characteristic Velocity)  
Pe = 83081.83; %m/s  
Pc = linspace(1654741.75,3274021.60,20); %Pa (Combustion Chamber Pressure)  

  

Pc_Pe = Pc/Pe;  
% Variation of Is with Combustion Chamber Pressure  
Cf = sqrt((2*k^2/(k - 1))*(2/(k+1))^((k+1)/(k - 1))*(1 - (Pe./Pc).^((k - 1)/k)));  
F = Cf.*At.*Pc;  

  
plot(Pc,F./4.448,'r. - ')  
title('Thrust Achieved for Chamber Pressures Ranging From 1,654,741.75 Pa to 

3,274,021.60 Pa')  
xlabel('Chamber Pressure (Pascals)')  
ylabel('Thrust (lbs)')  
grid on  
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A.3 Code for calculation maximum altitude 



CDD-Mach_SR1 
9/24/2007 

function peak = maxheight(To, mtoti)  

  

  
Tb = 15; %sec  
%mtoti = 40.2; %kg (100lbm)  
moxi = 9; %kg  
mpro = 4.5; %kg  
%To = 250*4.45; %N (300lbf)  
W = 100*4.45; %N (100lbf)  
Cd = 0.5; %approx.  
Sw = (.127/2)^2*pi; %cross sectional 

area (m)  

  
g = 9.81; %m/s2  
%rho = 1.1; %kg/m3  
x = [0.0    1.225  
1000.0  1.112  
2000.0  1.007  
3000.0  0.9093  
4000.0  0.8194  
5000.0  0.7364  
6000.0  0.6601  
7000.0  0.59  
8000.0  0.5258  
9000.0  0.4671  
10000.0 0.4135  
15000.0 0.1948  
20000.0 0.08891  
30000.0 0.01841  
40000.0 0.003996  
50000.0 0.001027  
60000.0 3.059E - 4 
70000.0 8.754E - 5 
80000.0 1.999E - 5 
90000.0 3.17E - 6];  

  

  
rho = zeros(90001,1);  
for b = 1:19  
    for count = x(b,1):x(b+1,1)  
        rho(count+1) = x(b,2) + 

(x(b,1) - count)*( -

x(b+1,2)+x(b,2))/(x(b+1,1) - x(b,1));  
    end  
end  
% figure(1)  
% plot(1:90001,rho)  
% xlabel('Elevation (m)'); 

yl abel('Density (kg/m^3)');  
height = 1;  

  
tmax = 60; %seconds  
t = 0:.01:tmax;  
for i = 1:length(t)  

     
    if t(i) <= 15  

        m(i) = mtoti -

(moxi+mpro)*t(i)/15;  
        T(i) = To;  
    else  
        m(i) = mtoti - (moxi+mpro);  
        T(i) = 0;  
    end  
    a(i ) = T(i)/m(i) - g;  
    vinc(i) = a(i)*t(2);  
    v(i) = sum(vinc);  
    if height < 1  
        height = 1;  
    end  

     
    if v(i) >= 0  
        D(i) = 

1/2*rho(height)*v(i)^2*Cd*Sw;  
    else  
        D(i) = -

1/2*rho(height)*v(i)^2*Cd*Sw;  
    end  

  
    anew(i) = a(i) - D(i)/m(i);  
    vincn(i) = anew(i)*t(2);  
    vn(i) = sum(vincn);  
    yinc(i) = vn(i)*t(2);  
    ytot(i) = sum(yinc);  
    height = floor(ytot(i))+1;  

     

     
end  
% hold on  
% figure  
% plot(t,ytot)  
% figure  
% plot(t,a,t,anew)  
% figure  
% plot(t,D)  
% figure  
% plot(t,vincn)  
% figure  
% plot(t,vn)  

  

  
peak = max(ytot)  
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clear all  
close all  

  

thrust = 4.45*[275:5:300];  
mass = 37:1:47;  

  

  
x = zeros(length(thrust));  

  
for ii = 1:length(thrust)  
    for jj = 1:length(mass)  
        xx(ii,jj) = 

maxheight( thrust(ii), mass(jj));  

    end  
end  

  

  

plot(mass, xx)  
title('Peak height as a function of 

Rocket mass and thrust')  
xlabel('Rocket wet mass (kg)')  
ylabel('Peak altitude (m)')  
legend('275 lbf', '280 lbf', '285 

lbf', '290 lbf', '295 lbf', '300 

lbf')  
 

 

 

 

 

A.4 Test Stand Calculations 

 

The purpose of the test stand is to hold the hybrid rocket in a stationary position during the 

hot fire.  The stand will hold each subsystem together.  This will allow the engine thrust to be 

computed and will serve as a test for all the subsystems.  The test stand will have two main 

frames.  One frame holds the hybrid rocket subsystems together.  That frame moves in one axis 

in order to calculate thrust during a hot fire.  The other frame will serve as a platform to contain 

the other frame.  Two main design options are either a horizontal or vertical configuration.   

The requirements of the test stand are: no load transmitted through feed system or oxidizer 

tank, limit movement to direction of thrust, test stand and subsystem mass must not interfere 

with thrust measurement in vertical test.  The main differences in the two design options directly 

involve the oxidizer.  If the oxidizer is to be liquid nitrous oxide, the test stand must be vertical 

to prevent gaseous fumes from entering the feed system.  The two frames will consist of metal I-

beams and plates.  There will be three plates total and seven I-beams.  The I-beams will be more 

than sufficient in that they will not buckle. The critical stress of a beam is given by the formula 

below.   

2

2

L

EI
cr

p
s =  

      The maximum stress applied by the hybrid rocket on one of the plates is given by the 

equation below.   
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 The deflection of the plate is given by the formula below.  The force exerted is also the 

thrust of the motor exerted on the plate.   
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